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Abstract 

 

This paper presents a new cold gas concept of a heated gas propulsion system for the 6U SAMSON nano-

satellite. In this type of system, the entire propellant tank is heated to an operational temperature prior to system 

operation and let to cool down immediately afterwards. The current analysis shows that it is possible to meet 

mission requirements by using 310 gr of CO2 contained in a capsule-shaped propellant tank. The study shows that 

the required thrust of 80 mN can be obtained by choosing a nozzle geometry with aspect ratio of 400 and nozzle 

diameter of 0.25 mm. The resulting specific impulse of such a configuration is approximately 67 sec. It also 

analyzes the benefits of operating the propulsion system at various operational temperatures between 40°C and 

80°C. The analysis shows that low operational temperatures lead to a relatively lightweight propulsion system, 

short operation readiness durations, and low attainable ∆V per operation. On the other hand, high operational 

temperatures lead to a heavier system, longer operation readiness duration, and high attainable ∆V per operation. 

 

 Introduction 

 

The Space Autonomous Mission for Swarming 

and geOlocation with Nano-satellites (SAMSON) pro-

ject is an endeavor to test new algorithms for cluster 

keeping and geolocation using a three nano-satellite 

cluster in Low Earth Orbit (LEO). The project, led by 

the Asher Space Research Institute (ASRI) at the  

 

 

Technion, involves the design, development, integra-

tion, and mission execution of all three nano-satellites 

and algorithms (Gurfil, P. et al. 2012). Each satellite 

will be a 6U CubeSat and will have a target nominal 

launch mass of less than 8 kg. The satellites are 

planned to be launched in 2017, with mission duration 

of at least 12 months.  

To perform cluster keeping and orbit maneuvers, 

each of the three nano-satellites requires some means 
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of propulsion. Therefore, it was decided to incorporate 

a propulsion module in each satellite. The propulsion 

system design, development, manufacturing, and qual-

ification were assigned to Rafael for its expertise and 

experience in space propulsion systems. Due to each 

satellite’s low mass (<10 kg) and small size (6U), its 

propulsion system needs to be compact and light-

weight. At the same time, to maintain the three satel-

lites in accurate formation and orbit, sufficient maneu-

verability is required (∆V= 20 m s−1). The formulated 

propulsion system specification requirements are 

listed in Table 1. 

To satisfy the propulsion system requirements and 

guidelines, an adequate choice of propulsion system 

type must be made. The propulsion system types con-

sidered were: cold gas, monopropellant-based, bi-pro-

pellant-based, and electric propulsion suitable for 

nano-satellites. The different propulsion system types 

were compared, and their advantages and disad-

vantages weighed one against the other. A fully de-

tailed description of the propulsion system evaluation 

campaign is described in Lev et al. (2014). The evalu-

ation campaign includes the basic design of various 

types of propulsion systems tailored specifically to 

meet the requirements of the SAMSON nano-satellite. 

Following the evaluation, it was decided that the pro-

pulsion system in each satellite should be based on 

cold gas propulsion. Such a propulsion system consists 

of a propellant tank, pressure regulator, valves, pres-

sure and temperature transducers, and a thruster. The 

thruster is essentially a diverging nozzle through 

which the propellant flows and accelerates.  

Cold gas propulsion systems have been, and still 

are, used in nano-satellites, micro-satellites, and even 

on some of the newest communication satellites, 

thanks to their simplicity, high reliability, and low cost 

(Mauthe et al., 2000; Gibbon et al., 2000; Smith et al., 

2004; Adler et al., 2005). Traditionally, cold gas sys-

tems are divided into two main groups: pressurized gas 

systems and liquefied gas systems (Figure 1). Pressur-

ized gas systems operate with gaseous propellants. A 

sufficient amount of gas is pressurized inside the pro-

pellant tank to meet the required ΔV. From the propel-

lant tank, the gas is let out through a series of valves 

and pressure regulators that bring it to the required op-

erating pressure. Consequently, the gas is let through 

a nozzle and out to space. In the liquefied system, the 

propellant is stored in liquid phase while the pressure 

is the vapor pressure at the storage temperature. Pro-

pellant is let out from the tank into a plenum, where it 

is vaporized through expansion (Arestie et al., 2012) 

or external heating (Assad, 2012). Once the propellant 

is in gaseous phase, it is let through the nozzle and out 

to space. Propellant vaporization and the usage of the 

plenum make the liquefied gas systems more complex 

than the pressurized gas systems. However, liquefied 

systems include lower storage volume and pressure, 

which enables the use of lighter and smaller compo-

nents. 

This paper presents a third, non-conventional, cold 

gas propulsion system concept, followed by a descrip-

tion of the propellant selection process. Next, the pro-

pulsion system design properties and general system 

Table 1. SAMSON satellite propulsion system specification requirements 

Satellite / Mission Property Constraint / Guiding Line Remarks 

∆V 20 m s−1 
Required maneuverability per satellite for a one year 

mission  

md 8 kg Delivered mass  

mps < 2 kg Propulsion system mass (including propellant)  

Volume < 100 mm × 100 mm × 210 mm   

Propellant Type 
Non-Toxic, Non-Flammable, 

Non-Explosive 
Student project constraint  

Electrical Power < 10 W For all operational phases  

Propellant Tank Material Titanium Designer preference due to experience at Rafael  

Thrust 80 mN (20 mN per thruster) 
For the entire propulsion system (4 thrusters/nozzles in 

total)  

Temperature Envelope 10°C – 40°C   

Propellant Tank Pressure As low as possible Designer preference  
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architecture are presented. Last, the system opera-

tional point selection trade-offs are analyzed and con-

clusions are drawn for an optimized mission system 

operation scheme. 

 

 The Heated Gas Propulsion System 

 

2.1. Incentive  

To meet the constraints and preferences specified 

in Table 1, two conceptual designs of traditional cold 

gas propulsion systems were performed, the first one 

based on pressurized gas, and the second, based on liq-

uefied gas technology. Both propulsion systems were 

found compatible with the mission constraints. The 

details of the designs of the two propulsion systems 

are not elaborated upon thoroughly in this article, al-

though a brief overview is presented.  

For the defined constraints, a solution to a pressur-

ized gas propulsion system can be found only for 

heavy gas propellants, such as xenon and krypton, be-

cause of the high pressure formed in the propellant 

tank when using lighter gases, such as nitrogen. Al-

though xenon was found to be suitable, due to its low 

critical temperature of 16°C, it might liquefy during 

operation; therefore heating is required for such a pro-

pulsion system. In addition, xenon is relatively expen-

sive, and might affect the cost of a low-budget student 

project. To avoid both the problem of designing addi-

tional pipeline heating, and high prices of xenon, the 

xenon-based pressurized propulsion system concept 

was dropped. Finally, the only solution found when 

using krypton was for tank pressure of about 200 bar 

(Lev et al., 2014). This high pressure value was found 

to be somewhat problematic for a student project, with 

the possibility of being rejected by the launch pro-

vider.  

Liquefied gas propulsion systems required over-

coming the problem of spitting out liquid propellant 

that does not vaporize completely, thus resulting in an 

inferior specific impulse and thrust for these cases 

(Gibbon et al., 2001).  Specifically, it requires 

knowledge of the amount of propellant filling the in-

termediate chamber, referred to as the plenum, be-

tween the propellant tank and the nozzle. Unless the 

propellant mass in the plenum is well known, a reason-

able estimate of the generated impulse per maneuver 

is impossible to obtain. For this reason, a knowledge 

gap was identified with regard to how to control and 

secure the amount of propellant mass flowing into the 

plenum. Moreover, the thrust of such propulsion sys-

tems has a non-constant, descending profile as a func-

tion of time. This is due to the gas emptying process 

that leads to a quick pressure drop in the plenum. Such 

an event, in the case of a mission such as SAMSON, 

might inflict uncontrollable asymmetrical moments on 

the satellite due to unbalanced thrust on all thrusters, 

and even worse, it might degrade the performance of 

the cluster control algorithms. 

 

2.2. Concept  

In light of the above, a different propulsion system 

was sought. To meet the above requirements, a novel 

cold gas-based propulsion system concept was devel-

oped (Figure 2). First, propellant is stored in the pro-

pellant tank in liquid form. Each time before operating 

the propulsion system, the entire propellant tank is 

heated until the propellant is fully vaporized. The sys-

tem is then operated by opening a latch valve and let-

ting the gaseous propellant pass through a pressure  

 
Figure 1. Basic schematics of the two common variations of cold 

gas propulsion systems. Left: Pressurized gas system; Right: Liq-

uefied gas system. 
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regulator, to reduce the pressure to several bar. Finally, 

the thrusters are fired by opening the individual sole-

noid valve of each thruster. 

The use of the heated gas propulsion system holds 

a few key advantages over the two previously de-

scribed conventional systems:  

 

a) Most gases, near their critical temperature, 

have a compressibility factor below one 

(Z≤1). This fact can aid in reducing tank 

pressure, when the propellant is fully va-

porized.  

b) The propulsion system has to be heated 

only before operation, which leaves the 

propellant in liquid form during most 

stages of the mission. When the propellant 

is liquid, it is self-pressurized (that is, the 

pressure in the tank is the vapor pressure 

that corresponds to the cold tank tempera-

ture). This is especially significant during 

launch, when the satellite and its subsys-

tems are most vulnerable due to the harsh 

environmental conditions. The lower the 

pressure, the lower the chance for possible 

faults.  

c) Since the entire propellant is heated and in 

gaseous form during operation, thruster fir-

ing can be steady and continuous for up to 

hundreds of seconds. The required firing 

time can be controlled by controlling the 

propellant temperature prior to thruster fir-

ing.  

 

At the same time, the heated gas propulsion system 

suffers from several shortcomings relative to the con-

ventional pressurized gas and liquefied gas propulsion 

systems: 

 

a) Heating of the entire propellant tank and 

propellant prior to each thruster operation 

may lead to power loss through the various 

structural elements in the satellite, thereby 

reducing the power efficiency of such pro-

pulsion system. This will require a meticu-

lous thermal design process that will make 

sure the propulsion system is well ther-

mally insulated.  

b) Heating of the entire propellant tank and 

propellant prior to each thruster operation 

reduces firing readiness level. Depending 

on the heated gas operation temperatures 

and heating power, it may takes tens or 

hundreds of minutes to preheat the system 

before operation is permitted. This may 

pose a problem for some formation flight 

missions that usually include frequent 

small impulse maneuvers.  

c) A heated gas system configuration requires 

constant temperature monitoring, along 

with repeated on-off cycles of the propel-

lant tank heater. This makes the heated gas 

system more complex and susceptible to 

technical faults relative to conventional 

cold gas propulsion systems. 

 

 Propellant Selection Process 

 

After the basic architecture of the heated liquid 

propulsion system has been determined there is a need 

to identify a suitable propellant for the SAMSON sat-

ellites. The optimal propellant would be mostly liquid 

 
Figure 2. Basic schematic of the heated gas propulsion system. 
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with low vapor pressure when not heated, that is within 

the satellite temperature envelope. This is to keep the 

propellant tank at lowest possible pressure during most 

mission phases when the propulsion system is inac-

tive, thus saving power. On the other hand, the propel-

lant should have a critical temperature as close as pos-

sible to the high end of the satellite’s temperature en-

velope. This is so that when the propulsion system is 

operational, its temperature stays as close as possible 

to the temperature of the satellite, and to restrain any 

parasitic heating from heating the rest of the satellite. 

In other words, excessive heating should be avoided 

by choosing a suitable propellant.  

Last, as listed in the requirements in Table 1, the 

propellant should be non-toxic and non-flammable, for 

safety reasons. The propellants considered are listed in 

Table 2. 

It can be deduced from the table that except for 

CO2, N2O, Xe, and SF6, all propellants fail to satisfy 

the safety constraints. It can also be seen in the table 

that SF6 has a critical temperature that is too high, and 

will require excessive system heating. Last, xenon can 

be excluded due to its high price, as already specified, 

and its relatively low critical temperature. Therefore, 

it can be concluded that the two most suitable propel-

lants are carbon dioxide (CO2) and nitrous oxide 

(N2O), both with an atomic mass of 44 gr mol−1 and 

similar thermodynamic properties. Of the two propel-

lants, carbon dioxide was chosen, due to its slightly 

lower critical temperature of 31°C.  

It is important to note that the critical temperature 

of the selected gas is within the specified temperature 

envelope (10°C–40°C). This means that the propellant 

may be supercritical during storage and even during 

launch. However, it will be shown in this paper that 

since the propulsion system’s operational point is 

higher than 40°C, the propellant tank’s design is able 

to withstand all storage and launch pressure values. 

Last, high gas leakage rates may occur with supercriti-

cal gas in storage, which could pose limitations on 

storage duration. 

 

 Nozzle Design 

 

The thruster nozzle is the component responsible 

for converting the propellant internal energy into di-

rected kinetic energy. The goal of the nozzle design 

phase is to determine nozzle geometry and expected 

mass flow rate. The former is essential to achieve the 

required propulsion system thrust while taking into 

consideration material production limitations and past 

experience. The latter is required to compute the re-

maining propellant cool-down time, therefore deter-

mining the maximum allowed continuous propulsion 

system operation duration before propellant liquefac-

tion occurs. 

The nozzle is separated from the propellant tank by 

a pressure regulator that maintains constant inlet pres-

sure independent of propellant tank pressure and re-

maining gas mass. As such, the nozzle design phase 

Table 2. List of All Considered Propellants for the Heated Propulsions System of the SAMSON Satellites 

Name 
Mol. 

Form 
Tc [°C] Pc [bar] 

Atomic 

Number 
Comments 

Carbon Dioxide CO2 90.98 74.73 44.01  

Nitrous Oxide N2O 36.45 73.41 44.01  

Xenon Xe 16.58 58.42 131.3 Expensive 

Sulfur Hexafluoride SF6 45.57 37.55 146  

Acetylene C2H2 35.25 63.23 26.04 Flammable, Unstable 

Chlorotrifluoromethane CClF3 28.75 39.42 104.5 Toxic 

1,1-Difluoroethene C2H2F2 29.75 45.39 64.03 Flammable, Toxic 

Ethane C2H6 32.21 49.45 30.07 Flammable 

Fluoromethane CH3F 44.27 59.58 34.03 Very Flammable 

Hexafluoroethane C2F6 19.75 30.70 138 Toxic 

Tetrafluoroethene C2F4 33.85 39.92 100 Toxic, Explosive 

Trifluoroacetonitrile C2F3N 37.95 36.58 95 Toxic 

Trifluoromethane CHF3 25.85 48.84 70 Toxic 

Tetrafluorohydrazine N2F4 35.85 38 104 Toxic, Explosive 
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was carried out independently from the propellant tank 

design phase while assuming known nozzle inlet pres-

sure. The value of the inlet nozzle pressure is deter-

mined by the choice of pressure regulator, which is an 

off-the-shelf component.  

As a guideline, the nozzle expansion ratio (Ae/At) 

should be as high as possible, to achieve high exhaust 

velocity. Consequently, the expansion ratio was set at 

400, where the throat and exit diameters are dt = 0.25 

mm and de = 5 mm respectively. The values were cho-

sen to satisfy manufacturing constraints, and are simi-

lar to values reported in previous work (Nicolini et al., 

2004; Zakirov et al., 2001). Given the nozzle expan-

sion ratio, the nozzle exit to nozzle inlet pressure ratio 

(pe/pc) was computed and found to be 13,700, using 

Eq. 1 under the valid assumption of an isentropic noz-

zle (Turner, 2006): 
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where γ is the specific gas ratio, which is 1.28 in the 

case of carbon dioxide. 

The nozzle inlet pressure, pc, on one hand must be 

within the chosen pressure regulator specifications 

(Moog, 2014), and on the other hand, must be such that 

the thrust generated by one nozzle is 20 mN. To 

properly determine pc, the relation for thrust, is used. 

In Eq. 2, F is the thrust and CF is the thrust coefficient 

calculated to be 1.917. Figure 3 presents the value of  
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F as a function of pc. It can be deduced from the figure 

that to achieve the required thrust of 20 mN, the nozzle 

inlet pressure has to be set at 2.135 bar. In addition, it 

can be observed from the figure that, for a known 

throat diameter, nozzle inlet pressure variations of 

10% result in acceptable thrust variations of no more 

than 10%. Similarly, reasonable manufacturing inac-

curacies of 0.02 mm in throat diameter result in thrust 

deviation of about 15%. Of course, geometrical inac-

curacies can be detected in lab prior to launch, and the 

pressure regulator reset to readjust the nozzle inlet 

pressure, thereby obtaining the required thrust.  

Once the nozzle geometry is determined and noz-

zle inlet pressure is set, the propulsion system mass 

flow rate can be computed, using Eq. 3:   

 

ṁ = 𝐴𝑡𝑃𝑐 {𝛾 (
2

𝛾 + 1
)

(𝛾 + 1)

(𝛾 − 1) 
𝑀𝑤

𝑅0𝑇𝑐
}

1

2 ,        (3) 

 

with the result ṁ=0.03 gr sec−1 per nozzle and 

ṁtot=0.12 gr sec−1 for the entire propulsion system. Tc 

is the nozzle inlet gas temperature, MW is the atomic 

mass, and R0 is the universal gas constant (8.314 J 

mol−1 K−1). Here, it was assumed that all four thrust-

ers/nozzles are simultaneously operational, which cor-

 
Figure 3. Thrust generated by one nozzle against nozzle inlet pres-

sure for throat geometrical inaccuracies (dt=0.25±0.02 mm). The 

nominal operation point is denoted by a black circle. 
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responds to the greatest propellant mass flow rate leav-

ing the propellant tank. The rate at which propellant 

leaves the propellant tank is crucial in heated gas sys-

tem operation, as it dictates the temperature drop rate 

of the remaining propellant, and hence, the maximum 

allowed continuous system operation duration.  

All values calculated in this chapter are typical for 

low thrust cold gas systems with similar thrust require-

ments (Smith et al., 2004; Nicolini et al., 2004; Za-

kirov et al., 2001). 

 

 System Architecture  

 

The above-described system architecture was real-

ized using commercial CAD software by choosing off-

the-shelf components that can operate at the required 

temperature envelope and expected pressure range. 

The expected pressure range was estimated to be in the 

range of the critical pressure of carbon dioxide. The 

chosen propulsion system components were valves, 

pressure regulators, thruster nozzles, and piping. All 

components were allocated to allow maximum re-

maining space for the propellant tank. 

The remaining space allows for the allocation of a 

capsule-shaped propellant tank, as shown in Figure 4. 

The outer dimensions of the propellant tank are diam-

eter of 74 mm and overall length of 207.5 mm. These 

parameters pose as hard design constraints, due to the 

limited available propulsion system volume. As such, 

the rest of the system characteristics are derived from 

these values. The required propellant mass, however, 

shall be derived purely from propellant and mission 

considerations (specific impulse, ∆V, and spacecraft 

mass). The tank thickness, and thus its inner diameter, 

is determined by structural considerations and the abil-

ity of the propellant tank to hold the heated gas pres-

sure. It is calculated during the operational tempera-

ture analysis and presented hereafter.  

To calculate the inner tank diameter one needs to 

know the tank pressure, which depends on the propel-

lant mass and temperature. The required propellant 

mass can be derived from the rocket equation shown 

in Eq. 4:  

 

𝑚𝑝 = [
∆𝑉

𝑒𝐼𝑠𝑝𝑚𝑖𝑛∙𝑔0
− 1]𝑚𝑑(1 + 0.25),          (4) 

 

where mp is the required propellant mass, md is the de-

livered mass of 8 kg, ∆V is the required velocity incre-

ment of 20 m s−1, and g0 is the gravitational constant 

of 9.81 m s−2. The 25% propellant mass addition is for 

contingency, to confront possible lack of propellant is-

sues, and is a system requirement. Ispmin is the minimal 

specific impulse the propulsion system can produce. 

Ispmin corresponds to the lowest temperature within the 

temperature envelope, which is 10°C, to account for 

the worst case scenario in which the propellant has the 

minimal temperature allowed.  

The minimal specific impulse can be calculated 

from Eq. 5 (Turner, 2006): 

 

Isp =
1

g0
 √

2γ

γ−1
x
R0Tc

Mw
[1 − (

Pe

Pc
)

(γ − 1
γ⁄
]

1

2
,   (5) 

 

where the pressure ratio, pe/pc was computed during 

the nozzle design phase. The computed minimal spe-

cific impulse is Ispmin=67 sec. For comparison, the 

value of the ideal minimal specific impulse is 71 sec, 

and is achieved when perfect nozzle expansion is ob-

tained when the nozzle exit area to throat area asymp-

totes infinity (Ae/At → ∞).  

Using the calculated value of the minimal specific 

impulse, the required propellant mass is 310 gr. The 

 
Figure 4. CAD illustration of the heated gas propulsion system 

with its components allocated within the 2U designated volume. 

Only the relevant part of the satellite's chassis is presented. 
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propellant tank thickness must be such that it holds the 

propellant tank internal pressure at the highest opera-

tional point, which is the highest tank temperature. 

Therefore, to adequately select the operational point, 

the ability to store the required propellant mass at dif-

ferent temperatures should be examined. 

 

 Operational Point Selection  

 

The operational temperature, also denoted here as 

operational point, is the temperature the propellant 

tank and propellant are brought to prior to operating 

the propulsion system by releasing the propellant 

through the nozzle. The choice of operational point af-

fects the following system characteristics and perfor-

mance: (1) propellant tank pressure and wall thickness 

(thus, its mass); (2) propellant tank heating duration 

(thus, system operation readiness); and (3) propellant 

cool-down time before liquefaction occurs during its 

release out of the nozzle (thus, maximum allowed con-

tinuous operation duration).  

The impact of the operational point on each one of 

these parameters is analyzed hereafter. This analysis 

explores values of operational temperature between 

40°C, allowing a 9°C margin from the critical temper-

ature, and 80°C, which is considered the highest al-

lowed temperature before the propellant tank starts af-

fecting the rest of the satellite.  

 

6.1. Propellant Tank Pressure and Wall Thickness  

It was shown in previous sections that the propel-

lant tank should contain 310 gr of CO2 and has outer 

dimensions of 74 mm in diameter and an overall length 

of 207.5 mm. Propellant tank thickness should be suf-

ficiently large to hold the internal pressure, yet small 

enough so to allow sufficient volume for the propel-

lant. To find the minimal sufficient tank thickness, a 

simple computer algorithm was constructed, shown in 

Figure 5. 

The algorithm computes the minimal sufficient 

propellant tank wall thickness as follows. First, a zero 

millimeter wall thickness is assumed. From tank outer 

dimensions constraint and assumed wall thickness, the 

inner volume is computed. Given the previously cal-

culated propellant mass with the available volume, and 

therefore propellant density, the pressure can be de-

duced (Span, R. W. et al., 1996). This is done by con-

sidering the operational temperature and using the 

non-ideal gas law, ptank=ZρpR0TpMw
−1, where ptank is 

propellant tank pressure, Z is the compressibility fac-

tor, ρp is the propellant density and Tp is propellant 

temperature. Once the tank pressure is computed, the 

minimum required propellant tank wall thickness can 

be computed using 

 

th=SFx (
ptank

r

2σy
),                              (6) 

 

where th is the thickness of the hemispherical sections 

of the propellant tank, SF is the safety factor set at the 

value of 4, r is the propellant tank radius and σy is the 

tank material (Ti-6Al-4V) yield strength, which is 827 

MPa. Since in capsule-shaped pressure containers the 

hemispherical and cylindrical sections experience dif-

ferent stresses, the cylindrical section wall thickness 

should be double that of the hemispherical sections 

(tCyl=2th) (Roark, Raymond J. et al., 2002). 

The propellant tank pressure values and propulsion 

system total mass, along with propellant tank cylindri-

cal section wall thickness, are plotted against the oper-

ational point in Figures 6 and 7, respectively. It can be 

observed from the figures that an increased operational 

 
Figure 5. The computer algorithm constructed to compute the mini-

mal sufficient propellant tank thickness for each operational point. 
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temperature leads to higher tank pressure, and requires 

a thicker, thus heavier, propellant tank. At the highest 

considered operational temperature (80°C), tank pres-

sure is above 150 bar, which is an acceptable figure for 

conventional spacecraft propulsion systems. At the 

lowest operational temperature (40°C), which is the 

highest end of the initial system temperature envelope, 

the propellant tank pressure is below 90 bar. It is im-

portant to note that during launch, this would be the 

highest possible tank pressure. At the same time since 

CubeSats are usually launched in a “piggy back” fash-

ion, along with heavier satellites, launch providers 

might raise the demand for reduced propellant tank 

pressure to protect the primary payload. This issue, 

however, should be cleared out with the specific 

launch provider.  

In addition, one can see that the total propulsion 

system mass is little affected by the choice of the op-

erational point, and varies between 1.58 kg and 1.78 

kg. Here, it was assumed that the propulsion system 

dry mass, not including the propellant tank, is 1 kg. 

This assumption is based on typical values of the re-

quired propulsion system components and experience 

in designing space propulsion systems (Daniel, Brack, 

et al., 2013). The values are presented in Table 3. In 

any case, the overall propulsion system mass is esti-

mated to be lower than the maximum allowed value of 

2 kg. 

Last, it is interesting to note how carbon dioxide’s 

low compressibility factor, near its critical tempera-

ture, comes into effect in the suggested heated gas pro-

pulsion system. Thanks to the low compressibility fac-

tor, it is possible to insert over 300 gr of CO2 into a 

capsule-shaped propellant tank 207.5 mm long and 74 

mm in diameter, which can fit in 2U volume at a rela-

tively modest pressure. 

 

6.2. Propellant Tank Heating Duration 

Prior to operating the propulsion system, the pro-

pellant needs to be heated up to the operational point, 

a process that takes time. For this reason, the propul-

sion system operation readiness depends on the choice 

of the operational temperature and heating power. To 

calculate the propellant and propellant tank heating 

duration of the worst case scenario with a fully loaded 

 
Figure 6. Propellant tank pressure against operational point temper-

ature. 

 

 

Figure 7. Propulsion system mass and propellant tank cylindrical 

section wall thickness against operational point temperature. (Total 

system mass was computed assuming that all dry system compo-

nents, not including the tank, weigh 1 kg.) Representative illustra-

tion of the propellant tank structure (not to scale) is shown on the 

bottom right corner. 

Table 3. Typical Propellant Mass Components of the Propul-

sion System 

Component Typical Mass 

Pressure Regulator  500 gr 

Latch Valve  50 gr 

Fill Valve  100 gr 

Thruster (Solenoid Valve & Nozzle)  4×50 gr 

Brackets, Harness and Piping  100 gr 

Pressure Transducers  30 gr 

Thermostat  12 gr 

Heaters  10 gr 
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propellant tank before first operation, the following 

equation may be is used: 

 

theating

=
(cv,TopTop−cv,T0T0) × mp + Cm,tank(TopT0) × mtank

Pheat
, 

(7) 

 

where theating is the required heating duration, Cv,Top 

and Cv,T0 are the propellant specific heat capacities at 

the operational and initial temperatures, respectively, 

Cm,tank is the propellant tank specific heat capacity, T0 

is the initial propellant tank temperature before heat-

ing, mtank is the propellant tank mass, and Pheat is the 

net input heating power. In the above mathematical re-

lation, Pheat represents the net heating power that is in-

vested in heating the propellant and propellant tank. 

Note that due to conductive and radiative thermal 

losses, higher power levels should be invested to ob-

tain the net heating value. This makes heated gas-

based propulsion system design more challenging than 

cold gas based systems, as the required stringent ther-

mal design may limit the spacecraft design process. 

Since thermal loss mechanisms are dictated by metic-

ulous satellite thermal design, which takes place in 

more advanced stages of a project, the present analysis 

considers only the net power that heats the propellant 

tank and propellant.  

The required heating duration for three different 

heating power levels, 2 W, 5 W, and 10 W, is pre-

sented in Figure 8. It can be observed in the figure that, 

as expected, the highest the operational temperature 

correlates to the longest the heating duration. In the 

same manner, lower heating power requires a longer 

heating duration. When 10 W is used to heat the pro-

pellant system, operation readiness is in the range of 

50–100 min. However, generating as much as 10 W 

might be quite demanding for a 6U CubeSat, consid-

ering electrical demand from other onboard compo-

nents; therefore, heating power might be limited to 

lower levels. If 5 W or less is invested in propellant 

heating, heating duration is higher than 100 min, and 

might even be as high as 450 min (7.5 hours) at the 

highest investigated operational temperature (80°C),  

which may be unacceptable for various types of mis-

sions. 

In summary, system operation readiness is greatly 

affected by the choice of operational point and availa-

ble power. From the readiness point of view, it is pre-

ferred to select the lowest allowed operational temper-

ature.  

 

6.3. Propellant Cool-Down during System Opera-

tion  

During operation, the propellant is ejected through 

the nozzle and out to space. The release of propellant 

out of the propellant tank is also responsible for the 

removal of energy in the form of internal energy car-

ried by the released gas. Since the remainder of the 

propellant is maintained inside a constant volume, its 

temperature decreases. In addition, as the propulsion 

system is used multiple times, propellant mass de-

creases throughout mission lifetime; therefore, each 

system operation begins with lower propellant mass 

than the former operation. This leads to more rapid 

propellant temperature decrease from each operation 

to the next. The propellant cooling effect may lead to 

undesired liquefaction that should be avoided by oper-

ating the propulsion system for sufficiently short time 

durations, or at sufficiently high operational tempera-

tures. 

 
Figure 8. Propellant heating duration, from an initial temperature of 

10°C, as a function of the operational point. 
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To quantify the maximum allowed operation time 

durations before propellant liquefaction occurs, for 

different operational temperatures, one needs to deter-

mine the remaining propellant temperature, inside the 

propellant tank, as a function of time during system 

operation. This was done by solving Eqs. 8–11: 

 

v(t) =
Vtank

m0−∫ ṁdt
t
t0

,                        (8) 

 

u(t) = u0−cv(t)T(t)
∫ ṁdt
t
t0

m0−∫ ṁdt
t
t0

,            (9) 

 

cv(t) =
∂u(t)

∂u(t)
,                           (10) 

 

T(t) = f(u(t), v(t)),                       (11) 

 

where v is the specific volume, Vtank is the propellant 

tank inner volume, m0 is the initial propellant mass, t 

is the time which is also the independent variable of 

the equations, u is the propellant internal energy, cv is 

the propellant specific heat, and T is the propellant 

temperature. The subscript X0 refers to the point in 

time at which the propellant release process begins. 

Eq. 8 describes the change of the propellant specific 

volume with time as propellant is released from the 

propellant tank and the remaining propellant mass de-

creases. Eq. 9 describes the change of specific energy 

with time, due to the fact that the released gas removes 

energy from the remaining propellant. Eq. 10 shows 

the definition of specific heat capacity at constant vol-

ume, and is a property of the thermodynamic state of 

the propellant. Eq.11 describes the method of obtain-

ing the propellant temperature. The function  

f (u(t),v(t)) represents the extraction of the propellant 

temperature from the relevant CO2 thermodynamic 

lookup table database (NIST, 2016). Since the gas re-

lease process is non-adiabatic, the thermodynamic 

state of the propellant changes with time. Neverthe-

less, the thermodynamic state may be defined by any 

two specific thermodynamic quantities. To calculate 

the temperature, this analysis used the specific volume 

(v) and specific internal energy (u). 

Since Eqs. 8–11 are coupled and require the use of 

lookup tables, they were solved numerically. The tem-

perature was computed as a function of time for the 

explored operational temperatures of 40°C to 80°C. In 

addition, propellant temperature was calculated for 

various propellant mass fractions, of the propellant 

mass (mp) at the beginning of system operation. Each 

calculation was stopped when liquefaction tempera-

ture was reached. For all cases, it was assumed that 

propellant tank heating is turned off during propulsion 

system operation. In addition, according to propulsion 

system requirements during firing, all four nozzles are 

fired; therefore, maximum propellant mass flow rate is 

released from the satellite and out to open space.  

Propellant temperature as a function of time for 

two operational temperatures of 40°C and 80°C, and 

for four cases of initial propellant mass fraction (ξm) of 

1, 0.75, 0.5 and 0.25, is presented in Figure 9. It can 

be seen in the figure that the propellant temperature 

decrease depends on the initial mass fraction; the fuller  

the propellant tank at the beginning of each operation, 

the slower the temperature decreases. For all cases, 

liquefaction is reached in less than five minutes, and 

heavily depends on both the choice of operational tem-

perature and on the initial mass fraction. This fact lim-

its the maximum attainable impulse of each system op-

eration. In addition, the decrease of operational dura-

 
Figure 9. Propellant temperature decreases as a function of time 

during system operation for operational temperatures of 40°C and 

80°C, and for four different initial mass fraction values (ξm). 
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tion with initial propellant mass fraction leads to oper-

ation constraints throughout the satellite lifetime. At 

the mission’s beginning of life, the maximum attaina-

ble impulse may be significantly larger than the im-

pulse when little gas remains in the propellant tank 

near the end of the mission. It can also be observed in 

the figure that an operational temperature of  80°C en-

ables propulsion system operation duration more than 

twice as long as with an operational temperature of 

40°C. The choice of the operational temperature af-

fects the maximum attainable impulse. 

To explore the possible limitations on the propul-

sion system’s impulse at each operation sequence, the 

∆V per operation was computed for different opera-

tional temperatures and initial mass fractions. The re-

sults are presented in Figure 10. It can be seen that at 

mission beginning of life, the attainable ∆V depends  

on the operational temperature. At 80°C, ∆V of almost 

3 m s−1 can be achieved, while at 40°C, this figure 

drops to about 0.6 m s−1. Moving along the X-axis is 

analogous to operating the system multiple times 

throughout the mission lifetime and slowly emptying 

the propellant tank. The more times the propulsion 

system is used, the initial mass fraction is lower. For 

most values of operational temperature, the maximum 

attainable ∆V decreases as the propellant tank loses 

more and more gas. Additionally, as the mass fraction 

decreases, at low operational temperatures, a shift in 

the curves’ slope is seen. The reason for this behavior 

is the change in the liquefaction temperature. At high 

initial mass fractions, CO2 is either in a supercritical 

or saturated state; therefore, liquefaction occurs when 

the critical temperature of 31°C is reached. As less gas 

fills the propellant tank and the initial mass fraction 

decreases, CO2 can be in a subcritical and fully gase-

ous state; therefore, the liquefaction temperature de-

creases. 

The decreasing-increasing behavior depends on 

the propellant tank emptying process as it progresses, 

relative to the saturation slope of CO2. This is illus-

trated in Figure 11, where propulsion system operation 

for five different initial mass fraction values, is 

graphed on the p-v diagram of CO2.  

Finally, at mass fractions of about ξm=0.35, the 

liquefaction temperature drops below 10°C, which 

was chosen as the minimal allowed temperature for the 

propulsion system, and thus, operation is halted. This 

is the point at which the T=10°C isotherm intersects 

with CO2’s saturation curve. Any further operation at 

lower initial mass fractions is truncated by the T=10°C 

isotherm. This is best illustrated by the ξm=0.2 opera-

tion curve in Figure 11. 

The implementation of liquefaction-prevention 

control may be conducted by monitoring the propel-

lant pressure and temperature inside the propellant 

 
Figure 10. Attainable ∆V as a function of initial propellant mass 

fraction for a variety of operational temperatures. 

 
Figure 11. A p-v diagram representing propulsion system operation 

for five different initial propellant mass fractions for propulsion 

system operational temperature of 40°C. 
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tank during system operation. Both the propellant 

pressure and temperature are used to define the ther-

modynamic state of the gas and determine whether it 

is saturated or purely in gaseous state.  

Throughout the mission lifetime, the propulsion 

system may operate several dozen times until all pro-

pellant mass is depleted. An example of a lifetime fir-

ing cycle is presented in Figure 12, where each point 

represents the beginning of one firing sequence until  

the system is halted before liquefaction occurs. The 

firing represented by the subsequence point starts with 

the remainder of the propellant. It can be seen from the 

figure that at the beginning of lifetime, at an opera-

tional temperature of 80°C, about 35 gr of propellant 

is released, generating almost 3 m s−1 as already dis-

cussed, while at an operational temperature of 40°C, 

the amount of propellant released is about 7.6 gr, gen-

erating about 0.6 m s−1. This fact leads to almost 60 

firing cycles required to perform the mission if the op-

erational temperature is 40°C, whereas fewer than 25 

firing cycles are required if an operational temperature 

of 80°C is implemented. 

In summary, propulsion system operation duration 

depends on the choice of operational temperature: the 

higher the operational temperature, the greater the at-

tainable impulse and fewer firing cycles required to 

perform the mission. It is also important to note that 

even if sufficiently high operational temperature is 

chosen the attainable impulse decreases throughout 

mission lifetime as the propulsion system is operated 

time and again. 

 

 Conclusions 

 

This paper has presented and analyzed a new con-

cept of a heated gas propulsion system for the 6U 

SAMSON nano-satellite. It showed that it is possible 

to meet mission requirements by using 310 gr of CO2 

contained in a capsule-shaped propellant tank. It fur-

ther showed that the required thrust of 80 mN can be 

obtained by choosing nozzle geometry with aspect ra-

tio of 400 and nozzle diameter (dt) of 0.25 mm. It also 

showed that the combination of nozzle geometry and 

the type of propellant lead to specific impulse of about 

67 sec.  

Following the preliminary calculations and deter-

mining basic system architecture, this article discussed 

the importance of the choice of the operational tem-

perature. It showed the effect of operational tempera-

ture on three different propulsion system attributes or 

performance characteristics: (1) propellant tank pres-

sure and system mass; (2) operation readiness; and (3) 

maximum allowed continuous operation duration. It 

showed that high operational temperature of up to 

80°C increases propellant tank pressure above 150 bar, 

extends operation readiness duration, and allows for 

higher ∆V in each operation, up to nearly 3 m s−1. On 

the other hand, at low operational temperature of 

40°C, close to carbon dioxide’s critical temperature 

(31°C), propellant tank pressure drops below 90 bar, 

and system readiness duration decreases, yet the max-

imum attainable ∆V per operation is below 0.75 m s−1.  

This analysis concludes that high operational tem-

perature is suitable for missions in which long maneu-

vers are required and long readiness duration allowed. 

At the same time, low operational temperature is more 

suitable for missions where satellite agility is required 

(i.e., a mission in which minimal maneuverability is 

allowed, yet short readiness time is required). It should 

be noted that system operation readiness duration is 

more sensitive to propellant net heating power than to 

operational temperature; therefore, it is recommended 

to provide higher heating power in cases where opera-

tion readiness duration is of the essence.  

 
Figure 12. Propellant mass depletion as a function of propulsion 

system firing number for minimum and maximum operational tem-

peratures explored. 
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In conclusion, the heated gas system serves as a 

viable propulsion solution for CubeSats, as it is afford-

able, compact, and versatile. This type of system may 

accomplish a variety of missions, while meeting strin-

gent requirements. 
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