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Abstract

Quetzal-1, a 1U CubeSat developed by the Universidad del Valle de Guatemala (UVG), operated on orbit
from April to November of 2020. It included an in-house developed Electrical Power System (EPS) that supplied
power to the other systems of the satellite. The EPS incorporated six non-deployable solar panels coupled to three
maximum-power point tracking chargers to generate power. A centralized EPS architecture was implemented
with 3.3V, 5V, and 7.6 V rails used to power up the satellite’s systems, all distributed from a central, unregulated
power line connected to a rechargeable 4.2 V Li-ion battery. The system also incorporated protection circuitry
against fault conditions, a battery heater, and deployment switches to activate the satellite after deployment from
the International Space Station (ISS). This manuscript presents the design specifications of the EPS, as well as
offering a detailed account of the system’s operation on orbit. The EPS ensured a positive power budget through-
out the satellite’s mission, generating enough power to meet the satellite’s demand and keeping the battery re-
charged regardless of the operating conditions. The system was able to remain power positive even at times when
the solar panels' efficiency naturally decreased due to an increase in their superficial temperature during high beta
angle seasons with no eclipse. Furthermore, the on-board heater prevented battery freezing even during maximum
eclipse conditions. This paper also includes design recommendations, as well as open-source circuit schematics
of the EPS that may be valuable to other teams working on future CubeSat missions.

1. Introduction
(UNOQOSA) and the Japan Aerospace Exploration

Quetzal-1 (ket-sahl-00-noh) was a 1U CubeSat de-
veloped by Universidad del Valle de Guatemala
(UVG) and supported, in terms of its launch to and de-
ployment from the International Space Station (ISS),
by the United Nations Office for Outer Space Affairs

Agency (JAXA) under their joint KiboCUBE Pro-
gramme (Taniguchi et al., 2020). Quetzal-1’s mission
was selected via a methodology based on maximizing
benefits while considering programmatic risk and
technical feasibility (Zea et al., 2016). The satellite’s
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technical mission was to test a multispectral imaging
system capable of acquiring images at different wave-
lengths by rotating a carousel carrying four light filters
in front of a monochromatic camera. The systems en-
gineering approaches implemented on this project are
described by Martinez et al. (2018), the multispectral
payload by Zea et al. (2023), the Attitude Determina-
tion and Control System (ADCS) by Alvarez et al.
(2023), the structure’s Finite Element Analysis by
Birnie et al. (2023), and the Command & Data Han-
dling System (CDHS) by Chung et al. (2023).

The design of the Electrical Power System (EPS)
was based on four main criteria to provide mission
success while operating in space. First, the EPS was
tasked with generating enough power to meet the sat-
ellite’s demand on orbit using photovoltaic cells. Sec-
ond, the EPS was also tasked with storing the gener-
ated power on a Li-ion rechargeable battery to allow
the continuity of operations when the satellite was in
eclipse. Third, the module was tasked with the condi-
tioning and distribution of power within the satellite’s
systems. Finally, it was tasked with protecting the
other systems from power malfunctions. The EPS was
developed in-house due to budgetary constraints, and
it was designed according to the requirements stated in
the JEM Payload Accommodation Handbook (JAXA,
2018). The design and development of the EPS are de-
tailed in Section 2, on-orbit results are presented in

Section 3, and conclusions and recommendations are
given in Sections 4 and 5, respectively.

2. Design and Development

A centralized architecture was implemented for
the EPS system of the satellite with 3.3V, 5V, and 7.6
V rails. All rails were distributed from a central, un-
regulated power line that was connected to the output
of three solar chargers and to the satellite’s Li-ion bat-
tery, which drove the line’s voltage at 3.2 - 4.2 V. Fig-
ure 1 shows the high-level diagram of the system. The
EPS was divided into three main subsystems: energy
harvesting, energy storage, and energy distribution.
This section details the purpose of each EPS subsys-
tem as well as the rationale behind the selection of the
components that comprised each of these subsystems.
The key requirements that drove the EPS design can
be found in Table D1.

2.1. Energy Harvesting

Quetzal-1 carried 11 solar cells to generate the
power required for operations and to recharge the bat-
tery aboard the satellite, which guaranteed continuity
of operations during eclipse. A passive magnetic
ADCS was implemented on the satellite; thus, a non-
zero roll was expected over the satellite’s uncontrolled
axis that was aligned with Earth’s magnetic field lines
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Figure 1. Quetzal-1’s electrical power system architecture (solid lines — power; dotted lines — digital).
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(Alvarez et al., 2023). For this reason, six in-house de-
veloped non-deployable panels were placed over each
face of the 1U CubeSat to ensure continuous power
generation regardless of the satellite’s orientation to-
wards the Sun (see Figure Al). Five of the panels car-
ried two photovoltaic cells (AzurSpace, Cat. No.
3G30A) each in a parallel configuration to harvest so-
lar energy. The bottom panel of the satellite only car-
ried a single cell because the payload’s camera
boresight occupied half of that panel (Zea et al., 2023).
This design was preferred over pre-made commercial
solutions because of its lower cost and because the
characteristics of the 3G30A cells met the power re-
quirements of the satellite (maximum voltage and cur-
rent, efficiency, and operating temperature range) (Az-
urSpace, 2016).

The parallel configuration of the 3G30A cells al-
lowed each panel to operate at 2.35 V with a maximum
output current of 1 A. This configuration prevented a
complete panel malfunction in case one of the two
cells in a panel ceased to operate nominally in space.
Three low voltage step-up converters (STMicroelec-
tronics, Cat. No. SPV1040), each coupled to a pair of
opposite panels (as shown in Figure 1), were imple-
mented to reach the charging voltage of the satellite’s
Li-ion battery (4.20 V). This converter model was se-
lected because it operated as a maximum-power point
tracking (MPPT) solar battery charger using a Perturb
& Observe algorithm (P&O) to track the maximum-
power point of the cells. It also implemented a Con-
stant Current - Constant VVoltage (CCCV) algorithm to
limit its output power when the battery neared full
charge to avoid overcharge and preserve battery health
(Microelectronics, 2011). Furthermore, this converter
model was also selected because it had flight heritage
from the ESTCube-1 mission (Pajusalu et al., 2012).

Ground tests were performed to evaluate the effi-
ciency of the solar cells and chargers coupled together.
The panels were placed on a static environment paral-
lel to the ground facing directly at the Sun, as shown
in Figure 2. The irradiance was typically 940 W/m?
during the tests, as measured by a pyranometer. Power
measurements performed on the input and output of
the solar chargers indicated that they were operating
with an average efficiency of 88.02% + 0.25% (95%
confidence interval). The cells’ efficiency was also
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calculated by measuring the power at the output of the
solar panels. The resulting cell efficiency was 21.79%
+ 0.06%, which was lower than the 29.3% efficiency
indicated by the cells’ manufacturer. The reduced cell
efficiency was most likely the result of the solar panels
being encased in acrylic boxes for protection rather
than directly under the Sun during the tests. Further-
more, it was observed that an increase in the surface
temperature of the panels during the tests also led to
reduced cell efficiency (data not shown).

Figure 2. Ground tests to evaluate the solar cells’ and chargers’ effi-
ciency.

2.1.1. Estimation of the Power Generated by the
Entire Energy Harvesting Subsystem

A methodology to calculate the mean cross-sec-
tional area of a tumbling CubeSat using a composite
flat-plate model is presented in Oltrogge and Leveque
(2011). This same methodology was used to calculate
the average surface area of Quetzal-1 that would be il-
luminated by the Sun perpendicularly (at a solar inci-
dence angle of 0°) and would be generating power at a
given time while the satellite uniformly rotated in
space. An approximation of the average power gener-
ated by the entire energy harvesting subsystem could
be calculated using this estimated area. The area of two
solar cells (6.036 x 10 m?) was used as the surface
area of the three visible sides of the rotating cube in
the flat-plate model equation. This resulted in a mean
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cross-sectional area of 9.054 x 10 m?. Subsequently,
the average power generated by the entire harvesting
subsystem in sunlight was estimated at 2.37 W, assum-
ing that the cells’ efficiency was going to be 21.79%
and the solar chargers’ efficiency was going to remain
at 88.02% in space, as measured in the tests. This av-
erage power was estimated considering that the Sun’s
irradiance on orbit is 1366.1 W/m? (ASTM, 2014).

2.1.2. Solar Panel Protections

As mentioned before, each pair of opposite panels
was connected in parallel to a single solar charger, re-
ducing the number of chargers needed aboard the sat-
ellite. Ideal blocking diodes (ON Semiconductor, Cat.
No. MBR120VLSFT-3G) were implemented at the
positive terminal of each panel to prevent reverse cur-
rents when one of the panels in the pair (e.g., +X) re-
ceived sunlight and the other panel (e.g., -X) was in
shadow. Additionally, a general ideal blocking diode
(Linear Tech., Cat. No. LTC4352) was implemented
between the chargers’ node and the battery node (as
shown in Figure 1) to prevent reverse quiescent cur-
rents flowing from the battery to the chargers’ periph-
eral circuitry during eclipse. Quiescent currents flow-
ing from the battery to the energy harvesting subsys-
tem could severely damage the Li-ion cells due to deep
discharge during storage prior to deployment or during
the mission (Arnold et al., 2012). Finally, a /I moni-
tor (Texas Instruments, Cat. No. INA260), referenced
as Solar Channel Monitor or SCM throughout this pa-
per, was placed between the chargers’ output and the
blocking diode to measure the generated power at the
output of the energy harvesting subsystem. The sub-
system's circuit schematics are shown in Figures B1-
3.

2.2. Energy Storage
2.2.1. On-board Battery Characteristics

The satellite carried a rechargeable battery to store
the energy generated by the solar panels. This battery
was essential to guarantee continuous power supply
during eclipse periods and during peak power con-
sumption when the panels could not meet the full
power demand of the satellite. Quetzal-1’s battery was
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composed of two 3.7 V lithium-ion polymer battery
cells (DataPower, Cat. No. Dtp 605068), with 2000
mAnh capacity each, connected in parallel (DataPower,
2018). Li-ion cells were preferred over other commer-
cial alternatives due to their smaller size and higher
energy density. This model was selected because its
characteristics matched those of the SparkFun PRT-
08483 cells used in the Colorado Student Space
Weather Experiment (CSSWE) mission (Li et al.,
2012) (see Table C1).

The battery cells incorporated a protection circuit
as a safeguard against internal shorts, external shorts,
overcharge (voltages above 4.28 V), and overdis-
charge (voltages below 3.0 V). These cells had a max-
imum discharge current of 2 A each; thus, they could
provide a maximum current of 4 A to the satellite in a
parallel configuration, and their operating voltage
range was adequate to feed the three implemented
voltage rails (DataPower, 2018). Sixteen battery cells
were subjected to a variety of tests, including vacuum
leak tests, random vibration tests, thermal tests, and
charge-discharge tests as part of the ISS flight battery
cell certification and selection process. The cells suc-
cessfully passed all the tests (see Tables E1-2) accord-
ing to the acceptance criteria detailed in NASA (2017),
and two of the cells were arbitrarily selected as the
flight battery.

2.2.2. Battery Thermal Management

Li-ion cells can only be discharged at temperatures
between -20°C and 60°C, and charged at temperatures
between 0°C and 45°C, per the manufacturer’s speci-
fications. Charging Li-ion cells at temperatures below
freezing point can lead to lithium plating of the graph-
ite electrode of the battery, which in turn leads to bat-
tery performance degradation and cell safety issues
(Petzl et al., 2015). For this reason, an on-board battery
heater was implemented to always keep the battery
above 0°C. The selected battery heater was a 13-Q
Kapton heater resistor (Heat Specific, Cat. No. Rec-
tangular-L30W20 mm). This heater model was se-
lected because its resistance value restricted the
heater’s power demand to less than 1 W at 3.3 V, and
its dimensions were adequate for it to be placed be-
tween the two stacked cells of the battery. The stack
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was wrapped with one-sided Kapton tape to further in-
sulate the battery (see Figure A2). The location of the
EPS board (and battery stack) inside the satellite can
be appreciated in Figure A3.

A thermal sensor (Texas Instruments, Cat. No.
TMP100-Q1) was placed on top of the battery stack
(see Figure A2) to monitor its temperature and deter-
mine if the thermal conditions were adequate and thus
enabled an optimal battery state of health. The sensor
transmitted the measured temperature to the microcon-
troller (uC) on the EPS circuit board, which in turn re-
layed the information to the onboard computer (OBC).
The OBC was programmed to command the activation
of the battery heater when the battery temperature
dropped below 3°C, and its deactivation when the tem-
perature rose above 5°C. This hysteresis loop was es-
tablished experimentally through thermal tests of the
battery with the heater, which indicated that this con-
figuration would keep the battery above 0°C on orbit
(data not shown). The battery heater could also be op-
erated manually via ground control station (GCS)
commands when needed. Furthermore, a heater emer-
gency mode was programmed into the OBC in case the
thermal sensor failed on orbit. If the EPS failed to send
the battery temperature back to the OBC, the OBC
would command the heater to periodically cycle be-
tween its on and off states, with the duration of each
state defined by a set of two heater cycle time param-
eters modifiable via GCS commands.

2.2.3. Battery Fuel Gauging

A battery gauge (Texas Instruments, Cat. No.
BQ27441-G1) was implemented for fuel gauging the
Li-ion cells on board the satellite. It measured battery
voltage, average current, average power, remaining
capacity, state of charge, and state of health (Texas In-
struments, 2013). This component was chosen because
it required minimal user configuration and could be
powered up directly from the battery. It could also op-
erate at temperatures between -40°C and 85°C, and
ground tests indicated that the sensor could operate
nominally under vacuum conditions (data not shown),
making it adequate for on-orbit operations. This par-
ticular battery gauge model was designed to gauge a
single Li-ion cell. However, it was used to gauge two
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2000 mAh Li-ion cells in a parallel configuration, and
it was programmed to gauge them as a single 4000
mAh cell.

During ground tests, it was observed that the bat-
tery monitor would sporadically measure an incorrect
battery state of charge (SOC). It was hypothesized that
these glitches were caused by incorrect measurement
of the parallel cells’ internal resistance due to being
interpreted as a single cell by the monitor. Neverthe-
less, the overall performance of the sensor was deemed
adequate for flight. To avoid any runtime error due to
the SOC glitches, redundancy for this measurement
was implemented via the following equation:

SOCpstimare = 113.69 - Voltageyqim — 372.08. (1)

This equation was derived by performing a charg-
ing cycle of the battery at 400 mA (standard charging
current for battery model — see Table C1) and deter-
mining a linear relationship between battery SOC and
the voltage of the satellite’s main power bus. The
equation was implemented on the OBC’s software so
it could estimate the charge of the battery even when
the battery gauge returned incorrect readings. This
model had its limitations because the SOC of a Li-ion
battery is related to its open-circuit voltage (OCV),
and the voltage of the main power bus corresponded to
the sum of the OCV and the voltage drop across the
battery’s internal resistance due to battery current.
This model was determined experimentally and
proved to be adequate for Quetzal-1’s operations, but
the authors recommend including the effects of battery
current when designing SOC estimation models.

2.2.4. Battery Protection Switches

Two power switches (Texas Instruments, Cat. No.
TPS2557) were implemented on a back-to-back con-
figuration to be able to switch on and off the charge
and discharge paths of the battery. This configuration
has flight heritage from the ESTCube-1 mission,
where it was successfully used to protect the battery
(Pajusalu et al., 2012). The enable pin of the discharge
path switch was connected to a deployment switch
(Honeywell, Cat. No. ZM50E70J01) that kept the bat-
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tery disconnected prior to deployment, following re-
quirements from JAXA (JAXA, 2018). The discharge
path switch was configured to automatically limit the
battery discharge current to a maximum of 3.35 A, and
the charge path power switch was configured to limit
the battery charge current to a maximum of 1.00 A.
The schematics of the battery protection and deploy-
ment switch circuits are shown in Figures B4 and B5,
respectively.

2.3. Power Distribution & Protection
2.3.1. Power Conditioning

As previously mentioned, three regulated voltage
buses were implemented to power up the components
used on each of the satellite’s systems. As a design re-
quirement, the Gomspace’s Nanomind (A3200) and
Nanocom (AX100), used as the satellite’s OBC and
Communications System (COMMS) transponder, re-
spectively, needed a 3.3 V bus to be powered up. For
design simplicity, most of the integrated circuits and
components implemented on the EPS, Payload, and
ADCS circuit boards were also chosen to operate at
this voltage. The only exceptions were two low drop-
out 3.3 V references (Texas Instruments, Cat. No.
LM4120) implemented on the ADCS module, which
operated at 5 V, and a piezoelectric motor (Tekceleo,
Cat. No. WLG-30) that operated at 7.6 V.

The 3.3 V references were implemented on the
ADCS board to generate a stable 3.3 V reference volt-
age required by two 12C system monitors (Texas In-
struments, Cat. No. ADC128D818). These monitors
were in charge of measuring the voltage output of each
of the 12 photodiodes (Vishay, Cat. No.
TEMDO6010FXO01) placed on the satellite’s panels as
part of the ADCS (Alvarez et al., 2023). The piezoe-
lectric motor was part of the Payload system, and it

Table 1. Electrical Characteristics of the Implemented Volta

was tasked with rotating the filter carousel aboard the
satellite. Individual 5V and 7.6 V buses were imple-
mented apart from the main 3.3 VV power bus to power
up the 3.3 V voltage references and the motor, respec-
tively. Voltage levels for each bus were generated us-
ing voltage regulators connected to the central unreg-
ulated 4.2 V power line and are detailed in Table 1.
The 4.2 V power line was in turn connected to the pos-
itive terminal of Quetzal-1’s Li-ion battery and the
power output of the solar chargers, as shown in Figure
I. Four 5.6 Q resistors (Yageo, Cat. No.
MFR50SFTE52-5R6) that were part of the antenna de-
ployment mechanism were also connected directly to
the 4.2 V power line.

Each regulator was selected by taking into account
the peak power consumption that the components con-
nected to each bus could reach. The total current con-
sumption through the 3.3 V bus could only reach 1.3
A (less than the TPS63070's maximum of 2 A) if all
components connected to it were operating under peak
conditions. The TPS61089 converter proved adequate
for powering up the WLG-30 piezoelectric motor im-
plemented on the Payload system, which could de-
mand a maximum of 1.2 A through the 7.6 V bus.
Lastly, the maximum current output of 150 mA of the
5V regulator was enough to supply the power demand
of the ADCS LM4120 voltage references.

2.3.2. Protection and Monitoring of the 3.3 V and
5V Buses

To keep the satellite’s battery and solar chargers
safe from any overcurrent or short-circuit condition on
the load side, two power-distribution switches (Texas
Instruments, Cat. No. TPS2551) were implemented:
one between the unregulated 4.2 V power line and the
input of the 3.3 V regulator, and another between the

e Regulators (Texas Instruments, 2016a, b; Microchip, 2014)

Voltage Regulator Type Input Volt- | Max  Out | Efficiency | Temp. Range
age Current
3.3V Texas Instruments, | Buck-boost 20-16V 2A 90% -40 — 125°C
TPS63070
7.6V Texas Instruments, | Boost 2.7-12V 10 A 95% -40 - 125°C
TPS61089
50V Microchip Tech., | Charge pump | 21-55V 150 mA 68% -40 - 125°C
MCP1252 (buck-boost)
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4.2 V line and the input of the 5 V regulator, as shown
in Figure 1. Both switches were calibrated to automat-
ically limit the load current to a maximum of 1.6 A.
Additionally, the enable pin of the 3.3 V bus protection
switch was connected to the satellite's remove before
flight (RBF) switch, as well as to one of its two de-
ployment  switches  (Honeywell, Cat. No.
ZM50E70J01). This was done to disconnect the 3.3 V
bus from the 4.2 V power line if one of these switches
were activated, as per the deployer specifications
(JAXA, 2018).

V/I monitors (Texas Instruments, Cat. No.
INA260) were implemented between the power-distri-
bution switches and each regulator (see Figure 1) to
measure voltage and current at the input of the con-
verters. The monitor for the 3.3 V bus is referenced as
the Main Bus monitor (MBM) from this point on, and
the one for the 5 V bus is referenced as the Secondary
Bus monitor (SBM). The voltage measured by the
monitors provided a rough estimate of the battery’s
state of charge, and the measured current was essential
to determine if the satellite was demanding a nominal
amount of power from the solar panels and the battery.
These monitors, as well as all the other EPS sensors,
were connected via 12C to a microcontroller (Micro-
chip, Cat. No. ATMEGA328P) that was in charge of
retrieving data from the sensors and relaying it to the
OBC. The EPS flight software is available online at
(Quetzal-1 Team, 2021).

2.3.3. Protection of the 7.6 VV Bus

The TPS61089 converter incorporated protection
against overcurrent on the 7.6 V bus, eliminating the
need for a power-distribution switch between the bat-
tery and its input. The converter was calibrated to limit
its output current to a maximum of 9.36 A. The
TPS61089 also incorporated a digital enable pin that
could shut down the device when a logic low level was
present on the pin. Since the converter was placed di-
rectly on the payload circuit board rather than on the
main EPS board, the converter’s enable pin was con-
nected to the payload pC. This simplified software de-
sign, transferring control of the converter directly to
the payload pC, which also operated the motor and the
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camera. The circuit schematics for this and the other
regulators can be found in Figures B6 to B8.

2.3.4. Fault Protection Boards

Aside from the overcurrent and short-circuit pro-
tections implemented in each regulator, individual
protections were implemented for each of the satel-
lite’s systems. Fault protection boards (FPB) were
placed on the EPS circuit board between the 3.3 V reg-
ulator and the individual power buses for each system.
The FPBs were made up of two components connected
in series: a power-distribution switch (Texas Instru-
ments, Cat. No. TPS2551) and a high-side unipolar
current shunt monitor (Texas Instruments, Cat. No.
INA169). The switches’ purpose was twofold: to pro-
tect the main 3.3 V power bus from any overcurrent or
short-circuit condition on a specific system, and to
power up or power down a specific system according
to the enable signals sent by the EPS pC. For example,
if the OBC instructed the EPS uC to activate the Pay-
load system, a logical high signal was sent from a dig-
ital pin of the EPS nC to the enable pin of the TPS2551
switch on the payload FPB. Each FPB switch was cal-
ibrated to automatically limit the maximum allowed
current according to each system’s consumption. The
ADCS and Payload systems, as well as the battery
heater, were limited to a max current of 700 mA. The
COMMS system was limited to a max current of 1.6
A, in line with the AX100 transceiver power ratings.

The INA169 current monitors were used to meas-
ure the current consumption of each individual system.
All INA169 monitors were connected to an analog pin
of the EPS uC, which was tasked with processing and
forwarding the measured current data to the OBC. 12C
isolators (Texas Instruments, Cat. No. TCA4311A)
were implemented on every system’s circuit board to
isolate the modules from the main 12C communication
bus when the FPBs powered them down following the
OBC’s commands or due to a detected failure. This
avoided 12C bus pull-downs caused by unpowered
slaves. The schematics for the FPBs are shown in Fig-
ures B9-10, and for the 12C isolators in Figure B11.
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2.4. Power Budget

The power budget for Quetzal-1 was calculated us-
ing datasheet ratings for each component implemented
on the satellite’s circuit boards. Ground tests were also
performed to assess the power consumption of each
system. Two main power modes were established for
the satellite, the battery heater’s duty cycle being the
only difference between them. During ground tests, it
was unknown how the battery temperature would fluc-
tuate on orbit due to periods of sunlight and eclipse;
therefore, the heater’s duty cycle could not be empiri-
cally determined. The two calculated scenarios were:
OP-MODE 1 where the heater was assumed to be in-
active during all of the orbit, and OP-MODE 2 where
the heater was operating for a third of the orbit, as
shown in Table 2. This assumption was based on the
estimation that the eclipse duration for the satellite,
placed in a circular 400-km high LEO orbit, was going
to be approximately a third of each orbit, following the
methodology described in (Sumanth, 2019). A 10%
margin was added to every calculation to account for
voltage regulator losses, power line losses, and possi-
ble regulator efficiency degradation in space.

A special power consumption scenario was also
considered to account for the activation of the Payload
system on orbit. The Payload system included the pay-
load circuit board, an Arducam 5MP Plus OV5642,
and the WLG-30 piezoelectric motor. The activation
of the Payload system for the execution of a full oper-
ation (picture capture and download) typically lasted
225 s and caused a 123 mW increase in the total power
demanded by the satellite during an orbit (Zea et al.,
2023).

As detailed in subsection 2.1, the power that the
energy harvesting subsystem would generate in space
when in sunlight was estimated to be approximately

2.37 W. Assuming that the satellite would be under
sunlight conditions for two thirds of the orbit, the av-
erage power generated per orbit was estimated by mul-
tiplying 2.37 W * 66.67% = 1.58 W. Note that the es-
timated generated power per orbit was greater than the
highest estimate of power consumption OP-MODE 2
+ payload activation (0.996 W + 0.123 W = 1.12 W).
The resulting factor of safety was 1.58/1.12 = 1.41,
which indicated that the satellite was going to have a
positive power budget on orbit, allowing the battery to
recharge.

3. On-Orbit Results

3.1. Energy Harvesting

3.1.1. Power Generation Depending on Tempera-
ture and Battery State of Charge

As mentioned in subsection 2.1, there were two
main factors that had a direct effect on the amount of
power generated by the energy harvesting subsystem:
the operating temperature of the solar cells and the
state of charge of the battery. No thermal sensors were
placed directly on the exterior of the satellite’s panels
to measure the surface temperature of the solar cells
on orbit; however, three thermal sensors located
around the satellite proved to be useful in detecting in-
ternal temperature fluctuations during on-orbit opera-
tions. The first sensor was placed over the battery, as
mentioned in subsection 2.2. The other two thermal
sensors were placed on the ADCS board and were the
closest to a solar panel. The power generated by the
energy harvesting subsystem at a given time was
measured by the SCM.

As shown in Figure 3, there was an inverse corre-
lation between the output power of the solar chargers

Table 2. Power Budget: Heater OFF (OP-MODE 1)/ Heater ON (OP-MODE 2) excluding Payload operation

Component Power (mW) Duty Cycle Avg. power (mW) | +10% margin | Total power (mW)
OBC 264 100% 264.00 26.40 290.40
EPS uC & sensors 20 100% 20.00 2.00 22.00
Battery Heater 908 0% / 33.33% 0.0/302.64 0.0/30.26 0.0/332.90
AX100 — RX Mode 231 96.40% 222.68 22.27 244.95
AX100 - TX Mode 2640 3.60% 95.04 9.05 104.54
ADCS pC & sensors 66 2.50% 1.65 0.16 181
Total power consumption per orbit (mW) 663.70 / 996.60
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and the satellite’s temperature. The satellite experi-
enced two high beta angle seasons (marked as A and
B in Figure 3) during which the satellite’s internal tem-
perature temporarily reached 25-35°C due to increased
Sun exposure. Increased exposure to the Sun trans-
lated into a decrease in generated power on both occa-
sions. This was an expected result because the effi-
ciency of photovoltaic cells naturally decreases when
their surface temperature increases (Maka and O’Do-
novan, 2021). Figure 3 also shows that the power gen-
erated by the energy harvesting subsystem tended to
be below the theoretical value of 2.37 W estimated
during ground tests. As previously mentioned, the so-
lar chargers implemented a CCCV algorithm to pre-
serve battery health which reduced the chargers' output
power at times when the battery reached its full-charge
voltage. The received telemetry indicated that the
chargers were operating in Constant-Voltage mode for
most of the mission, ergo the decrease in generated
power.

Nonetheless, there were five instances (marked
with the numbers ‘1’ through ‘5’ and arrows in Figure
3) where the battery was discharged by more than 80%
due to transceiver TX hang failures (subsection 3.5).
Power spikes were observed right after each deep dis-
charge event, evidencing that the energy harvesting
subsystem was able to increase its power generation
according to the satellite’s demand. Three of the five
deep discharges (numbered 2, 3, and 4 in Figure 3)

4 T T T

took place during the first high beta angle season. Due
to decreased solar panel efficiency at the time, the re-
sulting power spikes after failures ‘2’ through ‘4’ were
smaller compared to the power spikes after failures ‘1’
and ‘5’. Finally, the section with no data (marked as C
in Figure 3) corresponds to a period when transmis-
sions from the satellite momentarily stopped due to an
12C bus malfunction (further detailed in Chung et al.,
(2023).

3.1.2. Power Generation Depending on Satellite’s
Power Demand

It was observed that the power generated by the
solar chargers also varied according to the power de-
manded by the satellite at a given time. The output pins
of the solar chargers were directly connected to the
central unregulated power line of the satellite; there-
fore, any bus voltage drop that occurred when the sat-
ellite increased its current demand was interpreted as
a lower battery voltage by the CCCV algorithm, which
then drove the chargers to increase the power flow
from the panels to the main bus. For example, at times
when the heater turned on, it demanded 0.9 W on the
load side of the 3.3 V regulator, which translated into
1 W on the main bus side. This consumption increase
caused the main bus voltage to drop by 0.10 V, which
triggered an increase in power generated by the
chargers. The solar chargers acted as gatekeepers that

3.5
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Figure 3. Average power generated by the solar chargers vs. internal temperatures (battery depletion instances
marked by numbered arrows; high beta angle seasons marked by letters A & B; 12C bus failure, marked by letter C).
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regulated their output power according to the satel-
lite’s power demand ensuring that the battery would
only have to provide energy to the load in cases when
the chargers were not able to supply all the required
power at their maximum capacity.

3.1.3. Power Generated per Orbit

Table 3 shows the power generated by the energy
harvesting subsystem per orbit. The presented calcula-
tions considered the different power generation sce-
narios that could arise depending on the satellite’s
power demand (e.g., heater ON/OFF) and on the beta
angle conditions. The results correspond to the power
generated when the solar chargers were operating in
Constant-Voltage mode.

The heater was the main variant considered when
classifying the generated power according to the satel-
lite’s power demand as the heater typically activated
six to eight minutes before the satellite exited Earth’s
shadow, and it operated for approximately 30 minutes
in total during each orbit. This led the heater to be ac-
tive for approximately 23 minutes under sunlight con-
ditions (equal to a 24.67% orbital duty cycle). It is
worth noting that this was the heater’s behavior when
the eclipse periods per orbit lasted between 30 to 36
minutes. The solar chargers generated 1.97 + 0.01 W
on average at times when the satellite was in sunlight
and the heater was active. On the other hand, they gen-
erated 1.31 £ 0.01 W on average when the satellite was
in sunlight and the heater was inactive. The resulting
generated power per orbit when combining all these
scenarios was 971 mW.

Table 3 also shows the generated power during
high beta angle seasons. The heater did not operate
during those times, and the average power generated
by the solar chargers decreased to 0.73 £ 0.01 W be-
cause the battery remained at full charge and the pan-
els’ superficial temperature increased. It should be
noted that all these power rates changed when the bat-
tery was recharging after depletion events as the solar

chargers switched to Constant-Current mode and the
energy harvesting subsystem was able to produce 2.14
+ 0.05 W in sunlight, which corresponded to a 1.32 +
0.03 W orbital average (61.67% duty cycle).

3.1.4. Solar Chargers’ Voltage Regulation

As mentioned in subsection 2.1, the solar chargers
were used to boost the solar panels’ voltage (2.35 V)
to the battery’s charging voltage (4.20 V). The output
voltages of the chargers were configured to this value
following the manufacturer’s specifications (Microe-
lectronics, 2011). However, telemetry received
throughout the mission showed that the battery was
being charged at voltages between 4.20-4.27 V which
were considerably higher compared to ground test val-
ues. Upon inspection of the chargers’ design, it was
noted that two resistors used on the output voltage di-
viders of the chargers had different tolerance values
(R1=1.2MQ (5% tolerance) and R2 = 510k€ (1% tol-
erance)) (see Figure B3). It is hence believed that the
tolerance differences caused the resistance ratio to not
remain constant when thermal conditions changed the
resistors’ nominal value, which may have caused the
charging voltage of the battery to increase. The recom-
mended charging voltage for Li-ion cells is between
4.15-4.20 V; however, the higher charging voltage did
not cause a noticeable impact on the battery’s state of
health, according to received telemetry. This charging
voltage phenomenon was not observed during ther-
mal-vacuum testing on the ground because the battery
was not recharged through the solar chargers during
the tests.

3.2. Energy Storage
3.2.1. Battery State of Charge

As mentioned in subsection 2.2, the battery gauge
had shown to be inaccurate when estimating the paral-
lel Li-ion cells' total charge. Consequently, Eqn.1 was

Table 3. Generated Power per Orbit (Normal / High Beta) with the Solar Chargers Operating in Constant-Voltage Mode

Scenario Instant Power (W) Duty Cycle (%) Orbit Power (W)
Sunlight & Heater ON 1.97/0.00 24.67% /0.0% 0.486 / 0.000
Sunlight & Heater OFF 1.31/0.73 37.00% / 100% 0.485/0.726
Total power per orbit (W) 0.971/0.726
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implemented on the OBC software as a redundancy to
approximate the battery’s SOC using the main bus
voltage. The equation was designed to translate 4.15 V
into 100% charge; however, the telemetry indicated
that the main bus voltage was reaching values between
4.20 - 4.27 V on orbit due to the high output voltage
of the solar chargers. The original equation imple-
mented on the OBC’s flight software translated these
high voltages into SOC values above 100%. Thus, a
modified equation based on Eqn. 1 was used to esti-
mate the real SOC of the orbiting satellite through re-
ceived telemetry. This equation translated a 3.20-4.27
V range into a 0-100% SOC range. The modified equa-
tion stands as follows:

SOCestimate = 93458 * VOltageMBM - 299065 (2)

Prior to estimating the battery's SOC on orbit using
Eqn. 2, the main bus voltage data was refined by sub-
tracting the voltage drop across the battery’s 150 mQ
internal resistance (see Table C1) caused by the cur-
rent demanded by the satellite (current values also ob-
tained through telemetry). This was done to obtain a
more accurate approximation of the battery's open-cir-
cuit voltage, which directly correlated to its SOC. Fig-
ure 4 shows the distribution of estimated SOC values,
and as observed in the plot, the battery typically re-
mained above 80% of charge throughout most of the
mission, evidencing a positive power budget. The only
times the battery was below 80% charge was after de-
ployment, because the satellite had spent five months
in storage prior to the launch and after transceiver TX
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Figure 4. Battery state of charge distribution throughout the mission.
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hang failures (subsection 3.5), which tended to dis-
charge the battery considerably.

3.2.2. Battery Thermal Regulation

As mentioned in subsection 2.2, the satellite car-
ried a 13-Q Kapton heater resistor placed between the
two stacked Li-ion cells that turned ON when the bat-
tery temperature dropped below 3°C and turned OFF
when the temperature rose above 5°C. This configura-
tion was set to keep the Li-ion cells from freezing, thus
preserving battery health. Figure 5 shows the battery
temperature distribution during each week of opera-
tions and compares them to the eclipse duration per
orbit during each week, indicated by the dotted line.
The scale for this dotted line is the same as the temper-
ature scale in the plot but using minutes as units.

Figure 5 shows that the battery temperature typi-
cally remained within 1.75°C and 17°C (with 95.5%
of samples within this range), which indicated that the
heater configuration was adequate to keep the battery
from freezing under any orbital condition. There were
only two occasions, weeks 17 and 19, during which
the battery temperature reached temperatures at or be-
low 0°C with the lowest recorded temperature being
-1.25°C. These incidents were the result of two com-
manded payload operations which required the battery
temperature sampling time to be temporarily increased
from 30 s to 240 s (Zea et al., 2023). This caused the
heater to react slower to temperature drops, allowing
the battery temperature to cross the 0°C limit tempo-
rarily. These events lasted for about two minutes, with
current going into the battery ranging between 50-100
mA. Consequently, these incidents did not have a no-
ticeable effect on the battery's state of health. These
incidents proved that the heater operation had been
crucial throughout the mission to keep the battery
above 0°C, because otherwise the Li-ion cells would
have frozen during the first orbits of the mission.

During orbits where the eclipse period reached 36
minutes, the heater would reach an operation time of
30 minutes (31% orbital duty cycle), whereas the
heater remained inactive during orbits in the high beta
angle seasons. The heater was only operated manually
once during the commissioning phase of the mission
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Figure 5. Battery temperature distributions per week compared to
eclipse duration.

to test the functionality after launch. In case of a pos-
sible thermal sensor failure, the heater emergency
mode was configured via ground control station (GCS)
commands to periodically activate the heater for 20
minutes and deactivate it for 15 minutes; however, the
emergency mode was never activated on orbit. The
emergency mode parameters were chosen according to
the characteristics of the observed thermal cycles on
orbit (see Figure C2). The battery heater and thermal
sensor operated nominally during all 3,215 orbits dur-
ing which the satellite was operational.

The heater correctly activated every time that the
battery temperature dipped below 3°C, according to
the battery thermal sensor, and deactivated when the
temperature increased above 5°C. After heater activa-
tion, the temperature typically continued to decrease,
albeit at a slower rate, for approximately seven
minutes before it started to rise again. The observed
delay in temperature increase was most likely the re-
sult of the battery taking a while to warm up all the
way to the thermal sensor placed on top of the battery
stack. This evidenced that the 3°C heater activation
threshold was adequately selected when programming
the flight software, because a lower threshold would
have likely caused the battery sections furthest from
the heater to momentarily reach a temperature below
0°C before it started to increase.

3.2.3. Battery Degradation

Throughout the on-orbit mission, telemetry indi-
cated that the battery was performing nominally with
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no unexpected external resets occurring during eclipse
periods, and data measured by the battery gauge and
bus monitors showed that the battery power remained
stable and adequate for operations until the end of the
mission. The state of health data measured by the bat-
tery gauge showed no decrease in time; however, it
was observed that the measured state of health (SOH)
values had a strong dependency on battery tempera-
ture. Figure 6 shows the SOH data collected through-
out the mission versus battery temperatures. It can be
observed that the battery’s SOH reached 91%, which
was the SOH value acquired during ground tests, at
times when the battery temperature reached 25°C
(room temperature) on orbit; however, the SOH
dropped to values near 75% when the temperature
dropped below 5°C. As observed in the plot, the SOH
typically varied between 75% and 85% which indi-
cates a battery capacity varying between 3,000 - 3,400
mAh during the mission.

As previously mentioned, the battery suffered five
deep discharge cycles (depth of discharge >80%)
caused by transceiver TX hang failures throughout the
mission, with four of them causing external resets due
to battery depletion (more details in subsection 3.5).
Other transceiver TX hang failures occasionally
caused the SOC to drop below 50%, without causing
full battery depletion. The rest of the time, the battery
was cycled with shallow depths of discharge (5% -
20%). This, combined with the solar chargers” CCCV
algorithm, helped preserve the battery SOH.
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Figure 6. Battery temperature distributions per week compared to
eclipse duration.
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3.3. Power Distribution & Protection
3.3.1. Heater Performance

As mentioned in subsection 3.2, the battery heater
operated as intended and kept the battery from freez-
ing, demanding an average current of 272.28 + 0.02
mA, which corresponded to 898.52 + 0.07 mW at 3.3
V. This power consumption indicated nominal opera-
tion according to the power budget (Table 2). Further-
more, the heater FPB did not detect any overcurrent or
short-circuit condition that would have indicated a
heater failure.

3.3.2. ADCS and Payload Performance

By design, the ADCS system was in low power
mode at times when the EPS system polled its power
monitors; thus, the EPS sensors always detected a cur-
rent consumption of 0 mA from ADCS. The ADCS
system’s performance on orbit was nominal, as de-
tailed in (Alvarez et al., 2023), evidencing nominal
power supply to the system via the 3.3 V and 5.0 V
buses, and correct switching and protection by its FPB.

The Payload system was only occasionally acti-
vated when the satellite performed an OBC watchdog
reset (and the piezoelectric motor rotated the payload’s
carousel), and when commands were sent from the
GCS to perform a payload operation. The payload
camera and motor operated as intended, as evidenced
by the system being able to capture pictures and send-
ing them back to ground, as detailed in (Zea et al.,
2023), evidencing nominal power supply via the 3.3V
and 7.6 V buses. The payload board typically de-
manded 60 mA when the camera was in stand-by, and
the camera demanded 195 mA when it was executing
a picture capture. These values were nominal for the
system. Regarding the motor, its power consumption
could not be measured because the current transient
was too fast to be detected by the EPS sensors. Fur-
thermore, the payload FPB indicated nominal perfor-
mance of the complete system on orbit (no overcurrent
or short-circuit). The I12C isolators implemented on
both systems worked as expected, correctly discon-
necting them from the main 12C bus when they were
powered off.

Copyright © A. Deepak Publishing. All rights reserved.

3.3.3. OBC and COMMS Performance

The Nanomind A3200 OBC performed as in-
tended throughout the whole mission, evidencing
nominal power supply via the 3.3 V bus. The only four
external resets that the OBC perceived were caused by
battery depletions due to the transceiver TX hang fail-
ures. The COMMS system, composed of the
Gomspace’s Nanocom AX100 transceiver, performed
nominally for most of the mission, aside from its TX
hang failures (subsection 3.5). It was able to receive
the commands sent to the satellite via the GCS and also
transmitted the satellite’s telemetry, health data, and
commanded payload data back to Earth. The AX100
typically consumed a nominal average current of
70.44 mA in RX mode according to the telemetry,
which corresponded to an average of 232.45 mW at
3.3 V. This matches the data detailed in Table 2, indi-
cating nominal operation. Consumption during TX
mode was not measured because the beacons were sent
after the EPS module polled its sensors.

3.4. On-orbit Power Consumption

Table 4 shows the power consumption and duty
cycle for each system on orbit with most results match-
ing the power budget detailed in Table 2, evidencing
nominal operation in space and accurate pre-flight
modeling. The only variation was the duty cycle of the
heater on orbit. The maximum duty cycle for the bat-
tery heater on orbit was 31% when the satellite was
experiencing the maximum eclipse duration of 36
minutes; consequently, the total power consumption
per orbit was 969.92 mW instead of the 996.55 mW
estimated in Table 2.

As previously detailed in Table 3, the solar
chargers generated 971 mW on average per orbit when
the solar chargers were operating in Constant-Voltage
mode; thus, the resulting power margin between the
generated and consumed power (969.92 mW) was
only 1.08 mW. This indicates that the system remained
close to equilibrium (0 W margin), with the chargers
generating just enough power to cover the total energy
demanded during sunlight and eclipse periods. The
battery guaranteed continuity of operations during the
latter. It is important to note that this was the typical
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Table 4. On-orbit Power Consumption (Nominal Ops. / High beta periods) Excluding Payload Operation

Component Power (mW) Duty Cycle Avg. power +10% regulator Total power (mW)
loss
OBC 264 100% 264.00 26.40 290.40
EPS pC & sensors 20 100% 20.00 2.00 22.00
Battery Heater 898 31% /0% 278.38/0 27.08/0.0 306.22 /0.0
AX100 — RX Mode 231 96.40% 222.68 22.27 244.95
AX100 — TX Mode 2640 3.60% 95.04 9.05 104.54
ADCS pnC & sensors 66 2.50% 1.65 0.16 1.81
Total power consumption per orbit (mW) 969.92 / 663.70

behavior of the system when the eclipse periods lasted
more than 30 minutes and the battery was at >80%
charge.

As mentioned in subsection 3.1, the solar chargers
increased their generated power per orbit to 1.32 W on
average when they switched to Constant-Current
mode due to perceived low battery voltage after deple-
tion events. This higher power generation increased
the power margin to 350 mW, allowing the battery to
recharge. It took approximately 30 hours for the solar
chargers to recharge the battery from 0% to >80%
charge, all while the satellite continued nominal oper-
ations. Table 4 also shows that the satellite only de-
manded 0.66 W per orbit during high beta angle sea-
sons (no eclipse) because the heater remained inactive.
The solar chargers produced 0.73 W on average under
these same conditions (see Table 3), providing a posi-
tive power margin of 70 mW. This last result, along
with the others, evidence that the system tended to-
wards equilibrium (battery fully charged) regardless of
the operating conditions, including battery depletions
and high beta angle seasons, during which the panels’
efficiency decreased.

3.5. On-orbit Recorded Glitches and Failures
3.5.1. Transceiver TX Hang Failures

Although the COMMS module performed nomi-
nally most of the time, it did present failures on orbit.
The module experienced a total of 24 recorded TX
hang failures throughout the mission during which the
AX100 transceiver continuously transmitted incorrect
data frames until the OBC performed a watchdog re-
set, or the battery completely discharged, causing an
external reset on the satellite. Typically, the AX100
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continuously consumed 775.76 + 0.01 mA or 2.56 +
0.01 W during these failures (constant TX mode con-
sumption). The heater did not operate at those times
because the failures caused a +10°C increase in battery
temperature due to the continuous current draw. The
power consumption per orbit increased from 0.969 W
to 3.13 W, while the solar chargers increased their
power generation to 1.32 W per orbit. This resulted in
a negative power margin of -1.81 W. Due to the nega-
tive power margin, the battery completely discharged
after approximately six hours at times when the
COMMS module entered into an anomalous mode.
For this reason, the OBC watchdog timer cycle was
changed via GCS command from 24 to 2 hours to pre-
vent the failures from causing full battery depletions
and preserve battery health.

Five of the 24 failures (marked by numbers 1-5 in
Figure 3) discharged the battery by more than 80%,
with four of them causing external resets. The fourth
external reset (marked by number 5 in Figure 3) was
intentionally performed by temporarily reverting the
watchdog timer cycle to 24 hours and waiting for a
transceiver TX hang failure to occur and deplete the
battery. The failure was used to cause an external reset
to recover the satellite from an 12C bus hang, which is
further detailed in Chung et al. (2023). The 24th failure
happened during a second 12C bus hang experienced
by the satellite, which had left the Payload system en-
ergized and the battery without its heater for 52 orbits.
The watchdog timer cycle had also been reverted to 24
hours to allow another external reset via a TX hang
failure to occur. This time, however, the satellite did
not communicate again with the GCS after the 24th
TX hang failure depleted the battery, marking the end
of its life. It is believed that the Li-ion cells degraded
by the freezing temperatures, and the atypically high
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current pull of the last TX hang failure caused a cata-
strophic battery failure. The causes for the TX hang
failures are yet to be determined.

3.5.2. AX100 RX Current Increase

Another atypical AX100 behavior was observed
thrice during the mission. On three occasions, the
AX100 unexpectedly raised its RX average current
consumption by 20 mA, from 70.44 mA to 90.44 mA
with no other indicators of atypical operation besides
the increased current. Contrary to the TX hang fail-
ures, this glitch persisted after the execution of OBC
watchdog resets. The only way to solve this issue was
through the execution of COMMS hardware resets via
GCS commands. After the resets, the power consump-
tion returned to nominal values. The causes for this
glitch are also yet to be determined.

3.5.3. Battery Gauge Failures

During the last ground tests performed prior to sat-
ellite delivery, the battery gauge sensor was acci-
dentally subjected to high temperatures. The EPS cir-
cuit board had just been coated with a urethane insula-
tor (Huntsman, Cat. No. Arathane 5753-A/B) to pro-
tect the components from the harsh space environ-
ment. During EPS board testing, it was observed that
the battery gauge was heating up and causing the board
to shut down. The insulation was removed from
around the sensor and the high temperatures could not
be replicated. Due to time constraints, the battery
gauge was not replaced because it was observed that it
still performed its basic measurements correctly.

However, after the incident and during space oper-
ations, it was observed that the sensor would occasion-
ally return incorrect all-zero data when the current
flowing into or from the battery surpassed approxi-
mately 400 mA. The frequency of these glitches also
increased during high beta angle seasons when the in-
ternal temperature of the satellite increased. Thus, it is
hypothesized that increase in sensor temperature due
to high current demands and high beta angle seasons
was the reason behind the glitches. Telemetry packets
which presented incorrect data from the battery gauge
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amounted to 8.62% of the total number of packets re-
ceived during the mission.

4. Conclusions

To summarize, the power generation carried out by
the energy harvesting subsystem on Quetzal-1 de-
pended on three main factors: the panels’ surface tem-
perature, the battery’s state of charge, and the satel-
lite’s power demand. In terms of panel temperature,
the satellite experienced two high beta angle seasons
with no eclipse during which the power generation de-
creased due to the reduced panels’ efficiency caused
by the increase in their temperature. For battery state
of charge, the telemetry indicated that the battery re-
mained above 80% of charge throughout most of the
mission, and the solar chargers mostly operated in
Constant-Voltage mode reducing the generated power
to avoid overcharging the battery. Finally, for power
demand, increases in satellite power demand trans-
lated into main bus voltage drops that caused the solar
chargers to generate more power. The solar chargers
acted as gatekeepers, generating enough power to
meet the satellite’s demand without overcharging the
battery. This ensured that the battery only supplied
power if the chargers could not meet the full power
demand (e.g., during eclipse or peak power demand).

The energy harvesting subsystem generated 971
mW per orbit when the chargers were operating in
Constant-Voltage mode and the satellite consumed
969.92 mW when the eclipse periods lasted more than
30 minutes. Thus, under these conditions, the system
remained in equilibrium with a positive power margin
of 1.08 mW. Under high beta angle conditions, the
power generation and demand decreased to 726 mW
and 663.70 mW, respectively; thus, the satellite had a
positive power margin of 62.3 mW. Finally, when the
solar chargers were operating in Constant-Current
mode, the energy harvesting subsystem generated 1.32
W, increasing the power margin to 350 mW. This al-
lowed the battery to recharge from 0% to >80% in ap-
proximately 30 hours. As evidenced, the EPS ensured
a positive power budget regardless of the operating
conditions.
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The battery heater configuration proved adequate
to maintain the battery above 0°C regardless of the du-
ration of the eclipse periods, which could reach a max-
imum of 36 minutes. The battery, the heater, and the
battery thermal sensor all operated nominally through-
out the satellite’s life. The battery system provided a
stable power source during eclipse periods where no
unexpected external resets were detected. The bat-
tery’s state of health varied between 75% and 85% due
to temperature fluctuations, which translates into
3,000 - 3,400 mAh capacity during the mission. Two
12C bus failures left the satellite without heater opera-
tion for a combined total of nine days; thus, battery
freezing is hypothesized to be the contributor to the
satellite’s end of life.

The transceiver TX hang failures where the
AX100 operated in constant TX mode increased the
satellite’s power demand to 3.13 W and caused the so-
lar chargers to increase their power generation to 1.32
W per orbit. This resulted in a negative power margin
of -1.81 W, which led to full battery depletion in ap-
proximately six hours. This problem was tackled by
reducing the watchdog timer reset period to two hours,
which fixed the issue quickly enough to avoid external
resets due to full battery depletion.

5. Recommendations

The authors recommend the use of individual ther-
mal and power sensors for each solar panel to monitor
their performance more accurately. When selecting re-
sistors for voltage dividers used to calibrate regulators
or solar chargers, it is recommended to choose resis-
tors with equal tolerance value to avoid changes in re-
sistor ratio due to thermal fluctuations in space. It is
also recommended to add dissipation circuitry to the
battery to prevent the charging voltage from exceeding
the values recommended by cells' manufacturers. Fur-
thermore, it is recommended to implement battery
gauge sensors with the capability of monitoring two
parallel battery cells individually to obtain more accu-
rate state of charge and state of health measurements.
Additionally, it is recommended to add autonomy to
the EPS flight software so that the pC can unilaterally
decide to activate or deactivate the battery heater in
case communication with OBC is temporarily lost, as

Copyright © A. Deepak Publishing. All rights reserved.

in the case of this mission. Finally, the authors recom-
mend implementing redundancy to communication
buses (e.g., 12C lines) or bus resetting capabilities to
avoid single-point system failures.
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Appendix A. Quetzal-1 Assembly Images

QUETZAL-1
n0 5

HECHO EN GUATEMALA

Figure Al. Left: Solar panels with two photovoltaic cells covering the -X, +Y, and +Z faces of Quetzal-1. Right: A solar panel with camera boresight
and one photovoltaic cell covering the -Z face of the satellite.

Figure A2: Stacked battery cells wrapped in Kapton tape, with heater in between and thermal sensor fixed to the top of the battery stack with the
Kapton tape to maintain contact (Left: standalone battery stack; Right: Battery assembled into EPS).
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Figure A3: Left: Populated EPS circuit board of Quetzal-1 -- Right: Quetzal-1 boards stacked (EPS is third board from bottom to top).
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Appendix B. EPS Circuit Schematics
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Figure Figure B1. Circuit schematic of a single solar panel with two AzurSpace 3G30A cells in parallel.
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Figure B2. Circuit schematic of the solar panels paired in parallel configurations, with ideal blocking diodes at the panels’ outputs.
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Figure B3. Circuit schematic of the three solar chargers on board, the Solar Channel Monitor (SCM), and the general ideal blocking diode imple-
mented to prevent reverse quiescent currents from the battery to the energy harvesting subsystem.
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Figure B4. Schematic of the battery protection [NOTE: R40 is 15 kQ, R45 is 470 kQ, and R46 is 150 kQ].
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Figure B5. Circuit schematic of the deployment switches and Remove Before Flight (RBF) switch system (kill switch).
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Figure B9. Circuit schematic of the Fault Protection Boards for the COMMS and ADCS systems [NOTE: R57 is 15 kQ, and R62 is 36 kQ].
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Figure B10. Circuit schematic of the Fault Protection Boards for the Payload system and the battery heater [NOTE: R67 is 36 kQ, and R72 is 36 kQ].
circuit (BAT+ is the positive terminal of the on-board battery).
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Appendix C. Battery Analysis

Table C1: Electrical Characteristics of the SparkFun Electronics PRT-08483 Batteries and the DataPower DTP 605068 Batteries

Voltage (V)
«
i)

Characteristics PRT-0843 DTP 605068

Nominal Voltage 3.7V 3.7V
Rated Capacity 2000 mAh 2000 mAh
Operating Temperature Range Charge 0°C - 40°C 0°C - 45°C
perating Temp 9 Discharge 20°C - 60°C 20°C - 60°C
Nominal 0.2 C (400 mA) 0.2 C (400 mA)

Ch C t
arge Lurren Max 1C (2000 mA) 1C (2000 mA)
. Nominal 0.2 C (400 mA) 0.2 C (400 mA)

Disch

Ischarge Current Max 2 C (4000 mA) 1C (2000 mA)
Charge 420V 420V
Cut-off Voltages Discharge 275V 240V
Protection Voltages (Over-discharge — Over-charge) 290-4.28V 3.00-4.25V
End-of-Charge Current 0.05 C (100 mA) 0.01 C (20 mA)
Cell Impedance <300 mQ <150 mQ
Weight 379 409

Internal configuration

Electrode stack

Electrode stack

Sealing method

Thermal scaling

Thermal scaling

4.2

4.0

«
@

34

3.2

700

600 1600

80% charge 1400
. 500

400

Current (mA)

o
=]
=1

200

100

0.5 1 1.5
Time (hr)

2 2.5 3 35

4.2

4.0

ot
@

Voltage (V)
w
&

3.4

3.2

1.5 2 25
Time (hr)

700

800

@

2

300

200

100

Figure C1: Left: Charge curve for a single flight Li-ion cell; Right: Discharge curve for a single flight Li-ion cell.
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Figure C2. Typical battery thermal cycle in space (36-min eclipse).
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Appendix D. Relevant EPS Design Requirements

Table D1. Key Design Requirements for Quetzal-1’s Electrical Power System

Source Type ID Requirement Verification
Mission Re- The satellite must incorporate a solar energy harvesting system that can |Review of
UvG . MI-001 [provide enough power to allow the satellite to operate throughout the design,
quirements o .
whole mission. Analysis
Mission Re- The satellite must incorporate rechargeable batteries (secondary source of | Review of
UvG - MI-002 .
quirements energy) to store the harvested solar energy. design
UVG Ml_ssmn Re- MI-003 The energy harvesting system must pr_owd_e power surplus to the batteries Analysis
quirements to allow them to recharge after operations in umbra.
Mission Re- ) The batteries, along with the energy harvesting system, must be able to -
UVG quirements MI-004 meet the satellite’s power demand during each phase of flight. Analysis
Design Re- The satellite must incorporate an energy harvesting system composed of |Review of
UvG . DE-001 | . .
quirements six solar panels and 11 solar cells. design
UVG Design Re- DE-002 The EPS shall be designed in a fashion that ensures current draw will not Test
quirements cause solar panel brown out (0 W/0 V output).
Design Re- A battery heater must be implemented in order to maintain the battery  |Review of
UvG . DE-003 i - : e .
quirements cells within their operational temperature limits. design
Design Re- Battery power output must be regulated to ensure that voltage require- Review of
UVvG - DE-004 . ; .
quirements ments of every electrical component are being met. design, Test
Design Re- Electronic switches must be included to turn on/off any loads when com- |Review of
UvG - DE-005 .
quirements manded by the OBC. design
Desian Re- The EPS must be capable of monitoring the satellite’s state of health by Review of
uvG uiregments DE-006 |measuring voltages, currents, and temperatures throughout the power dis- desian. Test
q tribution grid and reporting these variables to the OBC. an.
Desian R The satellite must incorporate two or more deployment switches to keep Review of
JAXA L?is;gmentes- DE-007 |the satellite unpowered and the battery separated from ground while the d:si en 'Ic')est
g spacecraft is stowed in the deployer (JAXA, 2018). an,
Desian R The stroke of each deployment switch shall be less than 2.0 mm from the Revi f
JAXA lfisrgmentes_ DE-008 |surface of the rail standoffs of the satellite, and the force generated by it dggler:,vgest
a shall not be greater than 3 N (JAXA, 2018). an.
The satellite must incorporate a Remove-Before-Flight (RBF) feature to
JAXA Design Re- DE-009 keep the spacecraft unpowered during ground handling. The RBF must  |Review of
quirements be accessible from the outside of the JAXA J-SSOD deployer once the  |design, Test
satellite is stowed inside (JAXA, 2018).
Desian R The batteries must comply with all battery design and testing require- Revi f
NASA L?isrlegmnenfs_ DE-010 |ments specified in the JSC-20793 Crewed Space Vehicle Battery Safety d:s\?er:N'(r)est
a Requirements Rev. D document (NASA, 2017). an.
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Appendix E. Relevant ISS Testing Criteria for Flight Cells

Table E1: Battery Verified Characteristics List & ground test average results

Parameter

Acceptance criteria

Test results (Avg.)

Mass
Capacity

Discharge temperature

Open-circuit voltage (OCV)

Charge/discharge characteristic

Less than 0.1% change
Less than 0.1% change
Less than 5% change
Trend without change
Trend without change

0.017% change
0.052% change
1.750% change
No change
No change

Table E2: Random vibration level for battery

Frequency [Hz] | PSD [GZHz]
20 0.02

80 0.08

350 0.08

2000 0.014
Overall 8.6 Grms
Duration 1 min/axis

Copyright © A. Deepak Publishing. All rights reserved.

JoSS, Vol. 12, No. 2, p. 1229




